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Abstract 
 

The technology of pressure sensitive paint (PSP) is
well established in external aerodynamics.  In internal
flows in narrow channels and in turbomachinery cascades,
however, there are still unresolved problems.  In particular,
the internal flows with complex shock structures inside
highly curved channels present a challenge.  It is not
always easy and straightforward to distinguish between
true signals and ‘ghost’ images due to multiple internal
reflections in narrow channels.  To address some of the
problems, investigations were first carried out in a narrow
supersonic channel of Mach number 2.5.  A single wedge or
a combination of two wedges were used to generate a
complex shock wave structure in the flow.  The experience
gained in a small supersonic channel was used for surface
pressure measurements on the stator vane of a supersonic
throughflow fan.  The experimental results for several fan
operating conditions are shown in a concise form,
including performance map points, midspan static tap
pressure distributions, and vane suction side pressure
fields.  Finally, the PSP technique was used in the NASA
transonic flutter cascade to compliment flow visualization
data and to acquire backwall pressure fields to assess the
cascade flow periodicity.  A summary of shortcomings of
the pressure sensitive paint technology for internal flow
application and lessons learned are presented in the
conclusion of the paper. 

Experimental Technique of Pressure Sensitive
Paint 
 

The technique of pressure sensitive paint (PSP) is
based on luminescent coatings, which are painted on flow
containing walls, and excited by light of selected
wavelengths.  The excited paint emits light that is inversely
proportional to the surface pressure.  The emitted—the
surface pressure map—is imaged with digital cameras
(Refs. 1, 2).  There are two basic methods of retrieving a
pressure signal from emitted light.  In the first one, the
intensity method (“wind-off/wind-on”), the pressure at a
point is determined from the ratio of the wind-off to wind-
on recorded light intensities for continuous illumination.  In
the second one, the lifetime method, pressure is determined
from the decay time of luminescence after the paint has
been excited by illumination flashes (Ref. 3). 
 

The PSP technique is now well established in
external aerodynamics; the references are too numerous to
be listed here.  In internal flows in narrow channels, in
turbomachinery, high-speed flow applications, and in
applications with elevated non-uniform temperatures,
however, there are still unresolved problems complicating
the PSP use, accuracy, and reliability.  The experience with
PSP in internal aerodynamics and turbomachinery is rather
limited (Refs. 4 through 9).  In this paper, the NASA GRC
experience with PSP in internal flows with complex shock
structures is summarized.  In all cases presented, the PSP
intensity method was used.  
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Fig. 3 Sidewall surface pressure map. 

respect to the main flow direction was
estimated to be 6.0 dg.  The velocity
component perpendicular to the mean flow
reaches up to 10% of the local axial
velocity. 

 
 In the second experiment, a single
25-dg wedge was inserted in the constant
Mach number test section.  The wedge
generated an oblique shock that impinged
on the channel sidewalls and generated a
pattern of elevated static pressure in the
region of the shock-wave/wall-boundary-
layer interaction.  The shadowgraph image
of the oblique shock wave generated by the
wedge in the flow is shown  in  Fig. 5.
Fig. 6 shows the sidewall pressure pattern
for the same test condition.  The image of
the shock was superimposed on the
pressure data during postprocessing.  At the
wedge tip, the static pressure pattern is
'lagging' behind the shock.  This is because
the wedge does not extend up to the
sidewalls but there is a gap of 3.6 mm
between the wedge and the wall.  Therefore
the  shock  presence  is  felt on  the
sidewall  a  small  distance  downstream  of 

Fig. 2 PSP apparatus with the narrow supersonic 
channel. 

Fig. 1 Narrow supersonic channel with wedge-shock 
generators. 

Narrow Supersonic Channel of Mach Number 2.5 
 

A supersonic channel with a test section free stream
Mach number of 2.5 was designed to provide a research tool
for development work on flow diagnostic methods (Refs. 10
and 11).  The channel, shown in Fig. 1, had a constant width
of 25 mm.  The nozzle was designed for an exit Mach number
of 2.5.  The test section with a constant Mach number was
over 800 mm long.  The channel  had large access windows in
both sidewalls.  One or two wedges could be inserted in the
test section to generate a flow shock wave structure.  Fig. 2
shows the PSP apparatus in front of the test channel. 
 
 In the first experiment (Ref. 12), the wall pressure
distribution in the inlet section of the test channel was
investigated.  The acquired pressure map, shown in Fig. 3,
indicates a rapid pressure drop in a circular fashion from the
center of the nozzle throat.  Immediately beyond the nozzle
throat, the pressure falls faster along the upper and lower
contour than along the nozzle centerline.  As the flow moves
into the area of the largest divergence, the flow along the
centerline accelerates faster than the flow along the upper and
lower curved walls and the pressure distribution across the
channel height equalizes.  The pressure difference along the
channel height generates strong secondary flows in the initial
portion of the channel.  A wall boundary layer flow streamline
pattern, shown in a photograph in Fig. 4, reveals the extent of
the secondary flow.  From the captured pattern, the  maximum
angle  of  the  boundary  layer  streamline with  

Fig. 4 Sidewall boundary layer flow pattern. 
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experimenter was not aware of the PSP signal reflection, the 
sidewall pressure map interpretation would be completely 
false.  The same flowfield was already shown in Fig. 6 where 
the observation angle was such that recording of reflected 
signals (ghost image) was suppressed. 
 
 In simple geometries and in situations where it is 
possible to arrange for observation angles perpendicular to the 
surfaces investigated, the danger of data contamination due to 
internal reflections is minimized.  In many situations, 
particularly  in  turbomachinery   applications,   however,   the 

the wedge tip. Due to shock/boundary-layer interaction the 
pressure ‘hump’ on the sidewall is quite wide, and thus the 
surface pressure measurement alone cannot determine the 
exact position of the shock in the flow. 
 
 Fig. 7 shows a shadowgraph of a complex shock wave 
pattern generated by two wedges in the flow.  The structure is 
in a form of the Mach reflection triple point shock pattern. 
The pattern consists of a normal shock originating at the upper 
wedge vertex, the oblique shock attached to the lower wedge, 
and a reflected oblique shock.  The slip surface originating at 
the triple point separates the subsonic flow behind the normal 
shock and the supersonic flow behind the reflected oblique 
shock.  The accompanying static pressure field felt on the 
back wall is in Fig. 8.  The regions of increased static pressure 
behind the shocks are clearly visible.  The region with the 
highest pressure is just downstream of the triple point region. 
As in the previous case, exact position of the shocks cannot be 
determined from the pressure field alone even though shocks 
are very well defined in the flow. 
 

A specific feature of the application of PSP to 
channel flows is the problem of possible signal 
misinterpretation due to signal reflections from neighboring 
walls (ghost images).   The  problem of internal  reflections  is 
dramatically demonstrated in Figs. 9 and 10 
(Ref. 12).  Fig. 9 shows a skewed view of the 
test section where the back wall was replaced 
by a glass window.  No PSP was applied here. 
A mirror image of the wedge face can be 
clearly seen.  Fig. 10 shows a similar situation, 
this time, however, the back wall is solid, and 
painted with PSP.  The wedge front face is also 
painted; it appears white because the pressure 
level is outside of the selected scale.  The PSP 
signal from the wedge face is superimposed on 
the signal from  the  solid wall (ghost image). 
In this  case,     the    region   of   reflected 
signal is manifested as a  region  of  elevated 
pressure   on    the   sidewall.        Clearly,   if  an 

Fig. 7 Shadowgraph of a  two-wedge shock wave 
pattern. 

Fig. 8 Backwall pressure map of a shock pattern for two wedges. 
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Fig. 5 Shadowgraph of an oblique shock wave for a 
single wedge. 

Fig. 6 Sidewall   pressure map  of the oblique-shock / wall 
 interaction and superimposed shock shadowgraph. 
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surfaces investigated can only be observed under oblique 
angles, the surrounding surfaces are very close and highly 
curved, and consequently the danger of ghost images and 
pressure map contamination is very high.  There is no generic 
solution for eliminating ghost images and signal 
contamination in curved narrow channels.  It is good practice 
to apply PSP to only one surface at a time and to paint 
remaining surfaces with antireflection coatings.  If possible, 
the recording camera should be placed perpendicularly to the 
surface to be investigated.  Finally, in situations where optical 
access allows only observation at oblique angles, two data sets 
should be recorded, each taken at different illumination and 
recording angles.  Because the position of a ghost image 
depends on the observation angle, the pressure maps retrieved 
from the above mentioned two data sets will be identical 
within the experimental error band only if they are free of 
ghost images and therefore represent the true surface 
pressures. 
 
 
Stator of a Supersonic Throughflow Fan 
 

Pressure distributions on compressor or turbine 
blades are usually measured using static taps located along 
the blade surface, and therefore data is limited to several 
points only.  An obvious advantage of the PSP technique is 
that the pressure field on the entire blade can be determined 
at once.   The NASA experience with the application of 
PSP to stator vanes of a supersonic fan is described below. 
 

A test setup of a PSP application for 
turbomachinery testing is shown in Fig. 11 (Ref. 13).  The 
CCD camera and two blue light halogen lamps are in the 
foreground (camera in middle, halogen lamps are inside 
ribbed cooling jackets).  The camera is facing an access 
window over a stator of a supersonic fan.  Three stator 
vanes are visible in the access window.  The suction side of 
the middle vane (the upper surface) was painted for  testing. 

The air in the fan flows from right to left. Due to optical 
access limitations, the CCD camera records a skewed two-
dimensional image of the stator vane.  An example of the 
vane  suction  surface as seen by the camera is shown in 
Fig. 12.  The figure shows a map of computer color-coded 
distribution of gray levels of paint luminescence intensity 
relative to an average lavel.  
 

The result in Fig. 12 must be modified in two ways 
to allow for direct comparison with analytical data.  First, 
the intensity of emitted light must be converted to pressure 
units using a PSP calibration procedure.  Second, the 
skewed view image of the stator vane must be converted to 
the meridional projection view that is customary in 
compressor designs.  The signal conversion to pressures 
must take into account temperature changes as the tested 
turbomachine is operated because in general the PSP 
methodology assumes very small differences in surface 
temperatures between the reference and run images. 
Several approaches to this problem are discussed in Ref. 12. 
The transformation of skewed images into meridional 
projection is based on mathematical manipulation.  The 
entire  procedure  is  explained   in  detail  in   Ref. 14.   The 

Fig. 11 PSP setup for turbomachinery application. 

Fig. 9 Optical reflection of the wedge face on the 
channel backwall. 

REFLECTIONS  ON  INNER   AND 
EXTERNAL WINDOW SURFACES 

Fig. 10  PSP signal reflection of the wedge face pressure 
 field on the backwall surface pressure map. 
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resulting pressure map after the image geometry 
transformation is shown in Fig. 13.  The involved image 
processing affects the resulting spatial accuracy.  The 
contour shape of the transformed image is within 2.0% of 
the sizes of the original hardware. 
 

The experimental results for seven operating 
conditions of a supersonic single-stage fan are shown in 
concise form in Fig. 14  (Test Points A through G).  Every 
test point is described by three diagrams arranged 
vertically.  The top diagram shows the speed line; the large 
solid dot indicates the point of operation.  The middle 
diagram shows the static pressure distribution on the vane 
suction side as measured by nine static taps located at mid 
span of the vane.  Finally, the bottom diagram shows the 
pressure field map on the vane suction side as determined 
by the PSP technique.  The black dots in the pressure field 
maps indicate locations of the static taps on the vane 
suction surface. 

 
As the operating point is varied along the speed 

line from the near stall conditions (Test Point A) to a 
condition beyond choke (Test Point G),   the midspan static 
pressure distributions change dramatically. As the back 
pressure drops,  the mass flow rate increases,  and  pressure 
distribution exhibits a minimum  at  the  throat  region  until 

(2)  inadequate  paint  adherence  to  the test surface,  and 
(3) adverse effects of internal light reflections on data 
reliability (“ghost images”). 
 

Water condensation on the painted surface 
interrupts the testing only temporarily since after 
evaporation the paint recovers its sensitivity.  The oil 
contamination is a more serious and permanent problem. 
Oil does not evaporate and leaves a permanent residue on 
the painted surface causing a dramatic drop in the PSP 
signal intensity.  The only solution is to interrupt the test, 
strip the paint, and repaint the surface.  Special care should 
be exercised to avoid oil leaks into the flow path. 

 
Two paint erosion problems were observed.  First, 

paint peeling occurred due to high shear stress and severe 
flow separation at some off-design and transitional 
operating conditions; second, paint erosion was caused by 
dust particles in the flow.  To avoid erroneous data, testing 
should be terminated at the first sign of paint peeling, 
particularly if the intensity method is used.  Even a partially 
stripped surface (a very small spot) changes the 
illumination distribution intensity causing a reduction in 
calibration accuracy, because the wind-off reference is no 
longer valid.  Further, it can generate a false signal (ghost 
image), which contaminates the recorded pressure field. 
 

choking occurs (Test Point E), after which, 
for further decrease of the back pressure, 
the minimum pressure occurs just ahead of 
a shock in the divergent portion of the 
channel.  The PSP pressure field map for 
the conditions of Test Point E corresponds 
to the situation where the flow velocity in 
the throat region is nearly sonic.  After the 
throat becomes choked, further drop in 
back pressure induces the formation of a 
shock wave in the channel, downstream of 
the channel throat (Test Point F).  The 
shock wave, or at least its pressure-rise 
imprint on the vane suction side, is straight 
and oriented in the radial direction.  Finally, 
for conditions well within the fan choke 
regime (Test Point G) the shock wave is 
located just upstream of the vane trailing 
edge.  The shock wave is oriented mainly in 
the radial direction with some minor 
curvature near the hub endwall. 
 

During the experiments, several 
problems were encountered that affected 
the reliability of the PSP technique in a 
turbomachinery environment and must be 
resolved for the PSP method to become a 
practical tool for experimental turbo-
machinery research. The most serious 
problems were:  (1) a large drop in paint 
sensitivity due  to  oil  mist   contamination, 

Fig. 12 Camera image of tested surface. 
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Fig. 13 Meridional plane suction-side vane-surface pressure field. 
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Fig. 14 Vane pressure field variation with  fan operating conditions. 
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NASA Transonic Fan Cascade 
 

The NASA GRC Transonic Flutter Cascade is one 
of very few test facilities dedicated to the unsteady 
aerodynamics of oscillating airfoils (Ref. 15).  The view of 
the cascade is shown in Fig. 15.  The facility is used to 
provide data for modeling aerodynamics of blade stall 
flutter in a transonic fan.  The facility combines a linear 
cascade wind tunnel with a high-speed drive system that 
imparts pitching oscillations to cascade blades.  The main 
goal of the research conducted here is to determine 
unsteady loading of the blades under oscillations.  The 
loading is determined by measuring unsteady pressures 
along the chord of the oscillating blades.  At present, the 
unsteady pressure distributions are measured using 
miniature pressure transducers built in the blades.  The 
major problems with the current arrangement are: (1) high 
cost of instrumentation,  (2) fragility and short life time of 
miniature pressure transducers,  (3) limited number of 
measurement stations, and (4) lack of data from the 
important part of the blade—the airfoil leading edge region 
where airfoils are too thin for transducers to be built in.   
 

The PSP technique, in this particular application, 
would solve most of the major problems.  There is, 
however, an important question of the frequency response 
of the pressure paints to fluctuating pressure.  NASA GRC 
is carrying out a research effort to determine reliably the 
frequency range of available PSP.  Until this question is 
satisfactorily answered, the use of PSP will be limited to 
steady state conditions. 
 

The PSP technique was successfully used to 
determine flowfield periodicity for steady state conditions 
in the transonic flutter cascade.  Fig. 16 shows the PSP 
apparatus in front of the cascade.  As seen here, the cascade 
is provided with three windows in the front wall.  The back 
wall was painted with PSP.  The results of the experiment 
are summarized in Fig. 17.  The figure illustrates the 
periodicity of the cascade flowfield for an inlet Mach 
number of 1.3.  A shadowgraph picture of the cascade 
shock structure is accompanied by a sidewall static pressure 
field acquired using the technique of pressure sensitive 
paint.  It can be observed here that a periodic shock 
structure is in a flowfield which exhibits an overall positive 
pressure gradient in the pitchwise direction from the left 
end of the cascade to the right.  The increasing pressure 
gradient across the cascade is manifested by decreasing 
relative depth of wall pressure depressions above the blades 
just past the blade leading edges.  

 
The pressure field on the suction surface is of great 

interest in these tests.  As mentioned above the blades are 
very thin and it is difficult to instrument them even with 
conventional static taps for pressure data acquisition at 
steady state conditions at more than few points.  At present, 
an effort is being carried out to use PSP technique for such 
measurements.  The test apparatus is in Fig 18.  Only the 
middle  blade is  painted  with  PSP  on  its  upper  (suction) 

Fig. 15 NASA transonic flutter cascade. 

Fig. 16 PSP test apparatus in front of the transonic 
flutter cascade. 

surface.  The CCD camera (upper left corner in the 
foreground) is coupled to a fiber optics periscope (a rod 
protruding from above the cascade window toward the 
camera) that will allow observation of the blade surface 
under a viewing angle that deviates only a little from the 
desired perpendicular direction.  Data from this experiment 
are being analyzed and are not yet available for publication. 
 
 
Conclusions 
 

Valuable experience was gained from the 
application of the PSP technique to measurements in 
internal flows with shock waves and turbomachinery flows. 
The results show that this nonintrusive experimental 
technique can be successfully used in turbomachinery 
research for steady state conditions at present.  The results 
achieved indicate the potential of the PSP technique for 
acquiring pressure field data efficiently, particularly for off-
design operating conditions where analytical predictions are 
not always available.  On the other hand, the problems 
encountered show that a lot of work still needs to be done to 
bring the accuracy of the PSP data to the level required for 
reliable code verification and refinement.  The areas that 
will require special attention are mainly effects of internal 
reflections and flow temperature on the PSP calibration 
methodology.    Next, the  problems  of  paint  erosion   and 
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Fig. 17 Cascade flowfield for Mach number 1.3. 
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adhesion should be addressed.  Finally, suitable changes in 
test facilities (better optical access ports - fiber optic 
applica-tion, flow filtering, and oil leakage) should be 
considered and implemented for future PSP experiments. 
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